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Comparison of Heat Transfer Correlations for Cryogenic
Engine Thrust Chamber Design
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A comparative study of the correlations available in the literature is made to arrive at an appropriate pair for
estimating the coolant-side and hot-gas-side heat transfer coefficients in the thrust chamber of a cryogenic
engine. Based on this, the thermal analysis of a supercritical liquid hydrogen cooled engine is carried out. Results
are presented for axial variation of heat transfer coefficients and temperature distributions for coolant and
exposed wall. Tubular as well as milled channel configurations are considered for coolant flow.

Nomenclature
C = characteristic velocity, m/s
Cp = specific heat, kJ/kg K
D = diameter of cross section, m
D* = throat diameter, m
F = thrust, kN
G - mass flux, kg/m2

H = specific enthalpy, kJ/kg
h = convective heat transfer coefficient, W/m2 K
k = thermal conductivity, W/m K
L = total length, m
M = Mach number of flow
m = mass flow rate, kg/s
P = pressure, bar
Pr = Prandtl number
Q = heat quantity, kW
q = heat flux, kW/m2

R = radius of curvature, m
Re = Reynolds number
rc = radius of curvature of throat section, m
S = radiation shape factor
St = Stanton number
T = temperature, K
/ = exposed wall thickness, m
V = sea level nozzle exit velocity, m/s
x = axial distance, m
Ax = incremental distance, m
e = emissivity factor
fi = absolute viscosity, kg m/s
p = density, kg/m3

o = Stephan-Boltzmann constant, W/m2 K4

r = specific heat ratio
$ = factor defined in NAL correlations
0 = factor defined in SB correlations
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g,NAL
g,SB
g,t
inj
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ov
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w
w,c
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= actual
= average
- adiabatic wall
= bulk
- coolant
- curvature
= coolant side using NAL- Japan equation
= coolant side using Hess and Kunz equation
= coolant side using Sieder-Tate equation
= equilibrium
= entrance
= film
= hot combustion gas
= hot gas side using modified Bartz equation
= hot gas side using NAL- Japan equation
= hot gas side using standard Bartz equation
= total from hot combustion gases
= injection
= stagnation value
= overall
= roughness
= radiative
= sea level
= total
= vacuum
= wall
= coolant side wall
= hot gas side wall
= value at axial location
= successive stations in axial direction

Introduction

T HE design considerations for a regenerative cooling
system that uses supercritical hydrogen as a coolant for

the thrust chamber and its thermal performance are discussed
in this paper. On the coolant side, two geometries of the
coolant passage are considered. They are the brazed tubular
and the milled channel configurations. Specifications and the
configuration of the liquid oxygen-liquid hydrogen (LOX-
LH2) cryogenic engine considered here have been arrived at
using the information on similar types of cryogenic engines
available in literature.1"7

To arrive at a proper design procedure for such an engine,
it is imperative that thermal modeling of the thrust chamber be
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carried out. Since gas is a high-temperature mixture of the
products of combustion, it is necessary to consider all of the
three modes of heat transfer on the gas side.

In addition to the heat transfer coefficient on the coolant
and hot gas sides, the variation of thermal conductivity of the
wall of thrust chamber must also be considered. The problem
is complicated when one considers the entire section of the
thrust chamber of the rocket engine and the fact that super-
critical hydrogen is heated up from about 25 to 350 K. In this
region, it is well known that the properties of hydrogen change
quite widely. In noncryogenic liquid propulsion systems,
stainless steel (SS) has been used as a construction material.
However, in the case of cryogenic engines, with the thermal
conductance of SS being quite low, copper and nickel flow
passages have been recommended.4'8'9

Mainly three sets of heat transfer correlations available in
literature9"11 have been used by different engine developing
agencies for analyzing the thermal performance. However,
when these correlations were used in the present studies for
predicting the thermal performance, the results showed a
considerable variation. To arrive at an appropriate set of cor-
relations, the published temperature data from experimental
engines6'9 were used for comparison. The correlations that
most closely matched the experimental data were used in the
thermal analysis. However, it should be emphasized that this
assumption must be validated through more detailed exper-
iments planned in the next phase of the present studies.

Design Criteria
Design of the coolant passages and the coolant-jacket struc-

ture should, in an ideal case, satisfy the following criteria:
1) Provide adequate cooling of the thrust chamber with

minimum pressure drop.
2) The hot exposed wall temperature shall be well within the

safe working temperature of the material.
3) The material should be amenable to standard fabrication

techniques.

4) The material should be lightweight.
The two thrust chamber coolant-passage configurations

that are considered in this study are of the tubular and milled
channel type. It is seen that for higher heat flux and high-pres-
sure applications, the channel-wall-type thrust chamber will be
advantageous from the point of view of less weight and higher
margin for a maximum possible heat flux. Maximum heat flux
in the proposed engine thrust chamber is found to be in the
range of 2.5-3.0 kW/cm2 for which case the brazed tubular-
wall thrust chamber will be quite safe (up to 6.2 kW/cm2).
For low- and medium-pressure applications, the tubular-wall
thrust chamber will be lighter. An additional advantage is its
simplicity and ease of construction. However, for the high-
pressure (more than 100 bar) and high heat flux applications,
channel-wall-type electroformed copper thrust chamber will
be lighter than the brazed tubular-wall type.

The main specifications and the configuration of the engine
considered here for study are given in Table 1 and Fig. 1.

Table 1 Configuration of the subscale engine

Expansion area ratio
Thrust
Chamber pressure
Nominal firing duration
Oxidizer (flow rate)
Fuel (flow rate)
Thrust-chamber mixture ratio

(LOX/LH2) by weight
Sea level chamber area ratio
Characteristic length
Contraction area ratio

of the nozzle
Nozzle extension

Injector

Igniter

140
10.379 kN
36 bar
450s
LOX(2.1 kg/s)
LH2 (0.35 kg/s)

6
8.46
84 cm

3.09
H2 dump cooled from area ratio

8.46-140
Coaxial multielement type with

18 elements
Centrally mounted electrical type

with preburner

x = o
€ =1.0

_H_lU

6=8.46

P-P Q-Q R-R

TUBULAR SECTION

a:
[ 1.4

Q-Q

7.4

P-P Q-Q R-R

MILLED CHANNEL SECTION

Fig. 1 Thrust-chamber configuration giving coolant-passage dimensions.
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Table 2 Correlations for hot-gas-side heat transfer coefficient

1. Standard Bartz Equation10:

hg,sB = (0.

where 0 is the correction factor for property variation across the
boundary layer, given by

0 = [1 + M\r - l)/2] - °-12/[0.5 + Q.5(Tw,g /T0)

2. Modified Bartz Equation9:

hg,MB = 0.026(G°-s/D0'2)(

3. NAL- Japan Equation11:

Stg = hg,NAL/(pVCp) = 0.026

where 0/wy is correction factor for injection, combustion, and
mixing, given by

4>inj=A Wn

where A and n are factors varying with thrust-chamber axial posi-
tion from injector and W is the injection velocity ratio defined as

w = Velocity of fuel
Velocity of oxidizer

To limit the pressure drop in the coolant passages, excessive
velocities should be avoided even though a high velocity is
preferable to increase the heat transfer coefficient. Conse-
quently, a velocity limit of 480 m/s (at 227 K) corresponding
to a Mach number of 0.405 based on the local conditions is
assumed. This corresponds to an available pressure drop of
20% of chamber pressure.

Thermal Model
In the present configuration, the coolant LH2 enters the

tubes through a common inlet manifold fitted near the injec-
tor side and leaves through the outlet manifold fitted to the
divergent portion of the nozzle where the area ratio is 8.46.
Coolant flowing through the passages absorbs heat from the
wall of the thrust chamber, thereby limiting the exposed wall
temperature to a safe value. In the LOX-LH2 engine, using
H2 as coolant serves two purposes. First, it limits the temper-
ature of the wall of the thrust chamber. Second, heating H2 to
a minimum of 80 K before injection is essential to avoid
instabilities3 in combustion at the injector.

The thermal model adopted for the present study is shown
in Fig. 2. Heat transfer at any section of the thrust chamber is
predominantly radial since the temperature gradients in the
axial direction as well as circumferential direction are compar-
atively insignificant. Hence, the solution of the problem is
simplified to that of one-dimensional steady-state conduction.
The wall of the coolant passage separates the combustion
gases on one side where the adiabatic wall temperature of the
bulk stream is Ta>w, and the coolant on the other side has a
bulk temperature of Tc. Therefore,

Ta.*,- Tw,g) = (kw/t)(TWtg-Tw>c)

= hc(Tw>c-Tc) (1)

The analysis calculates the values of TWfg, TW>C9 and Tc
successively at each station along the length of the thrust
chamber using the energy conservation Eq. (1) for heat trans-

HOT GAS SIDE
BOUNDARY LAYER

1 w,g

INNER WALL
OF CHAMBER

COOLANT SIDE
BOUNDARY LAYER

1 w,c

Fig. 2 Heat transfer model.

Table 3 Correlations for coolant-side heat transfer coefficient

1. Sieder-Tate Equation9:

hc.s&T = 0.025 (k/D) Re0-sPrOA(Tb/Tw)0-55

2. Hess and Kunz Equation14:

Nuf = (hc,H&KD/k} = 0.0208 Re°-8Pr°A(l + 0.01457 /*„

3. NAL-Japan Equation11:

Nuf = (hc,NALD/k) = 0.062 Re ~Q:>JPr°A3>ent$>r$>cUr

where the entrance factor <bent is given by

and the curvature factor $cur is given by

$cur .= [Reb(r/R)2]°-02[l + 0.32 sin{W*/(L + 30 R) }]

Roughness factor 3>r is given by Nunner's equation as

1 + 1.5 Pr~l/6Re~ l/8(Prb - l)f
*' = 1 + 1.5 Pr~l/6Re- l/s(Prb{- 1)

where £ is the ratio of the rough tube isothermal friction factor
to that of a smooth tube._______________________

fer from the combustion product to the coolant across the
tube wall. Also,

_ L (T _ T \ O\

where
1

hov = l/hc)

Ta>w is calculated using the following relation16:

(4)

where the stagnation recovery factor 0.91 is a function of the
Prandtl number.

In the above equations, the values of hg>t and hc have to be
determined iteratively through the solution of Tw>g and TWtC.
The hot-gas-side heat transfer coefficient hgtt has a convective
component hg and a radiative component hg>rad. Calculation
of hg on the hot gas side is based on three different correla-
tions listed in Table 2. Similarly, the coolant-side heat transfer
coefficient hc also is calculated based on three different corre-
lations given in Table 3. For calculating local heat transfer
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coefficients in the case of noncircular passages of the milled
channel, the cross section is reduced to an equivalent tube of
circular pipe, using the standard definition of hydraulic radius
as twice the flow cross section divided by the wetted perimeter.
Obviously, this value varies along the axial distance. The
effect of the shape of the thrust chamber must be accounted
for because the rate of heat transfer downstream of a bend will
be more than that upstream of the bend, and it then dimin-
ishes to magnitudes characteristic of heat transfer in straight
tubes. In the National Aerospace Laboratory, Japan (NAL)
equation used by the National Space Development Agency of
Japan (NASDA) for their engine heat transfer analysis, a
curvature factor $ has been incorporated to account for the
effect of curvature due to bends in the tubes.

Solution
To obtain a complete solution, information on T0, Tgt and

M are required. T0 is calculated based on the oxygen/fuel
(O/F) ratio of the propellants. Static gas temperature Tg is
calculated as a function of Mach number/area ratio assuming
isentropic expansion through the nozzle.10 Thermophysical
properties of combustion products and those of H2 as a func-
tion of temperature are obtained from literature.12'13'15

Monoatomic and diatomic gases are practically transparent to
thermal radiation. The maximum emissivity eg of water is 0.38
at Tg = 2000°C and 0.18 at Tg = 3100°C.16 Also, the emissiv-
ity ew of the exposed wall surface made of pure nickel is about
0.05 at 700-900°C.

As mentioned earlier, the three correlations listed in Table 2
are used in the calculation of hg. Using the basic radiation
equation, the radiative heat transfer coefficient hg>rad between
the hot gas and wall surface along the axis of the thrust
chamber is determined as

- Tw,g) (5)

It is observed that the contribution of radiation heat trans-
fer is in the range of 5-8% of the convection component in
both cases of flow cross sections analyzed here.

For the coolant-side heat transfer coefficient, the NAL
equation13 takes into account the effect of longitudinal curva-
ture of the coolant passage in the critical throat section.

75-

; 60-

c 45 -

.c 30-

5 15

- - - h c,NAL

C.H8.K

X = - 3 0
e =3.09

x = o
6 = 1

X= 6 .6
£ = 8-46

Thrust chamber axial d is tance, X (cm)

Fig. 3 Comparison of coolant-side heat transfer coefficient for the
thrust chamber in Fig. 1.

Since LH2 can be allowed to superheat after phase change,
its capacity as a coolant is unlimited. LH2 enters the coolant
passage at supercritical pressure (about 50 bar) and reaches a
supercritical temperature of 33 K within a short distance from
the inlet manifold. Since the coolant in the passage is well
above its critical pressure of 12.3 bar, the latent heat transfer
and the associated two-phase flow problems are absent during
warming up of LH2 into gaseous hydrogen. By considering
the nonuniform variation of thermal properties of H2 in the
supercritical region, accuracy of prediction of heat transfer
parameters can be improved.

Numerical computation at each station starts with determi-
nation of the thrust-chamber geometry and local hot-gas flow
parameters such as Dx, Tg, M, Cprg, and </>. Next, the gas-side
heat transfer coefficient hg, adiabatic wall temperature T0fW,
coolant-side heat transfer coefficient hc, and the temperature
of the coolant Tc are calculated. However, for the first station,
i.e., at the entry, Tc is known. Then from Eqs. (1-4), gas-side-
wall temperature Tw>g is computed. In the calculation of hg and
hc, the properties are to be evaluated at bulk temperature
(e.g., Bartz modified equation). This necessitates assuming a
value of TWfg and TWtC to start with. Then at each subsequent
iteration, TWfg and TWtC are adjusted in order to match the
energy balance. At the next station, the iteration described
above is repeated. At each axial location (in the present case 4
cm apart), the enthalpy balance between coolant and hot gas
is struck. After computing the parameters such as the local
thrust-chamber diameter, T0fW9 and hg for the second station,
the heat balance to calculate the coolant temperature Tc>2 at
the second station is made as follows:

+ D2)(hgtl

( •* a, w * w,g ) (6)

where subscripts 1 and 2 represent the values corresponding to
the previous station and station under consideration, respec-
tively. TQfW and TWfg represent the average values of the adia-
batic wali and exposed wall temperatures at the two stations
under consideration.

The overall energy balance for the sea level portion of the
thrust chamber is satisfied as follows:

(7)

Iteration for the station under consideration is repeated
using all of the related equations until all parameters, such as
hg,2, Ta>w>2, TWtg>2, hc>2, and TCt2, are mutually in agreement for
steady-state heat transfer for the section of the thrust cham-
ber. The above computation scheme for heat transfer is con-
tinued for the entire length of the thrust chamber.

Results and Discussion
It may be recalled that there are nine combinations corre-

sponding to three correlations each for hg and hc. Figures 3
and 4 show the variation of convective heat transfer coeffi-
cients along the axial length of the thrust chamber. In the case
of the coolant-side heat transfer coefficient, the maximum
occurs in the cylindrical portion of the thrust chamber. It
drops to a point very close to the throat and slightly increases
thereafter up to the outlet. The NAL equation predicts values
of heat transfer coefficient which are much higher than the
ones predicted by the other correlations. It is found that the
hot gas heat transfer coefficient shows a maximum at the
throat as per the Bartz-simplified equation, whereas according
to the NAL equation, the maximum in hg occurs slightly
downstream of the throat. Furthermore, the latter correlation
also predicts a value of the heat transfer coefficient which is
considerably lower than that given by the other two correla-
tions. For the nine possible sets of correlations, variations of
the hot exposed wall temperature and coolant temperature
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Fig. 4 Comparison of gas-side heat transfer coefficient for the thrust
chamber in Fig. 1.

3000-

2000-

1000-

Thrust chamber axial distance, X (cm)

Fig. 5 Comparison of exposed wall temperature for the thrust cham-
ber in Fig. 1.

along the length of the thrust chamber are shown in Figs. 5
and 6. It is apparent that the NAL set of equations predicts a
fairly low maximum exposed wall temperature as well as the
coolant outlet temperature. The study also reveals that the
overall heat transfer coefficient is predominantly governed by
the hot-gas-side heat transfer coefficient that is significantly
lower than the coolant-side heat transfer coefficient.

700

600

400

£ 300

o 200

100-

- hc/NAL

O ng,SB - h c / H * K

• hg,NAL - hc ,S&T

• hg.SB - hc,S&T

° hg (MB - hc ,S4T

c, NAL

~ n c ,NAL

^ X = -30
£=3.09 £ =1

= 6.6

Thrust chamber axial distance, X (cm)

Fig. 6 Comparison of coolant temperature distribution for the
thrust chamber in Fig. 1.

1200

1000

D Tw^g"j Channel coolant passage
A Tc | (LH 2 coolant)

Thrust chamber axial d is tance,X (cm)

Fig. 7 Variation of wall and coolant temperatures for the thrust
chamber in Fig. 1.

In order to arrive at the pair of correlations which should be
used, the following procedure has been adopted. The experi-
mental data available from the LE-5 engine6 for the maximum
exposed wall temperature TWjg and the coolant temperature Tc
are 900 and 150 K, respectively. Calculations are carried out
using all nine possible pairs of correlations for the flow rates
reported for the LE-5 engine. The values of TWtg and Tc thus
computed are given in Table 4. From these results, it may be
observed that the combination of standard Bartz and Hess and
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Table 4 Results for the LE-5 engine6 computed
from different pairs of correlations

Correlation pair
hg,SB — hCtNAL
hg,SB — hCjH&K
hg,SB — hc,S&T
hg,MB-hc,NAL
hg,MB — hc,H&K
hg,MB-hc,S&T
hg,NAL — hc>NAL
hg,NAL-hc,H&K
hgtNAL~hc,S&T

Tw.gt K
823
905

1645
781
864

1522
700
823
705

TC,K
166
150
116
122
120
98
39
40
38

Kunz correlations yields the values closest to the experimental
data. Hence, this pair was chosen for the thermal analysis
presented here.

For the engine under study, the variations of exposed wall
temperature and the coolant temperature are shown in Fig. 7.
The predictions for the brazed tubular thrust chamber show
that the maximum exposed wall temperature is about 1200 K
in the vicinity of the throat, and the corresponding outlet
temperature is about 370 K. In the case of thrust chamber with
milled channel coolant passages, the maximum exposed wall
temperature is 880 K and the coolant outlet temperature is
480 K.

Conclusions
1) A very wide variation is observed in the coolant and hot

exposed wall temperatures of the thrust chamber of a cryo-
genic engine, when the various correlations available in litera-
ture are used for thermal analysis.

2) The heat transfer coefficients on the hot gas side and
coolant side obtained, respectively, using the standard Bartz
and Hess and Kunz correlations are the most appropriate for
thermal design applications.

3) The regenerative cooling method adopted here serves the
purpose of cooling the thrust-chamber walls as well as warm-
ing hydrogen to temperatures that are acceptable in injectors.

4) The temperature of the thrust chamber can be limited to
1200 K, which is reasonable for tubular thrust-chamber mate-
rials, and to 900 K for the copper-milled chamber.
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